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ABSTRACT 
 

Electric propulsion has emerged as a cost-effective 
solution to a wide range of satellite applications. Deep 
Space 1 successfully demonstrated electric propulsion 
as the primary propulsion source for a satellite.  The 
POWOW concept is a solar-electric propelled 
spacecraft capable of significant cargo and short trip 
times for traveling to Mars.  There it would enter 
areosynchronous orbit (Mars GEO equivalent) and 
beam power to surface 
installations via lasers.  The 
concept has been developed with 
industrial partner expertise in 
high efficiency solar cells, 
advanced concentrator modules, 
innovative arrays, and high 
power electric propulsion 
systems.  
The present baseline spacecraft 
design providing 898 kW using 
technologies expected to be 
available in 2003 will be 
described.  Areal power densities 
approaching 350 W/m2 at 80 oC 
operating temperatures and wing 
level specific powers of over 350 
W/kg are projected.  Details of 
trip times and payloads to Mars are 
propulsion options include Hall, MP
of various power levels and trade 
conducted to define the most adv
Because the design is modula
methodology has been applied to d
cost reductions and is included.  
 

INTRODUCTIO
 

With recent announcements that evidence of possible 
life forms had been discovered in Antarctic meteorites 
believed to have come from Mars, the interest in 
sending probes and ultimately people to Mars is taking 
new prominence.  In the past, nuclear-powered options 
have been examined, with little attention being given to 
the solar option.  Solar options were not carefully 
addressed as it was generally believed that the decrease 
in solar irradiance at Mars would require an excessively 
large, costly spacecraft.  It is the purpose of this paper 

to explore a spacecraft with a solar-
electric propulsion system capable 
of making timely journeys to Mars.  
In the concept, shown in figure 1 
(not to scale), the spacecraft would 
be placed in an areosynchronous 
orbit about Mars, from which it 
could beam power to the surface.  
Because this orbit remains stationary 
above one point on the Martian 
surface, beam steering could be used 
to transmit power to several different 
locations, possibly reducing the 
surface infrastructure.  A team 
consisting of TECSTAR, Entech, 
Inc., Able Engineering and the 

 

Figure 1: 898 kW POWOW 
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Primex Aerospace Co. was 
assembled with the Space Power 

Institute to conduct an in-depth study of the concept. 
 
As a brief summary, the mission would leave from a 
high earth orbit, near escape velocity.  The trip times 
given in a later section include the transfer to Mars and 
insertion into orbit.  During this journey, the solar 
intensity would decrease by about a factor of two to 
three (0.52 to 0.36) depending on the ellipticity of the 
Martian orbit and the time of launch.  This decrease in 
solar intensity is also accounted for in the trip time 
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calculations.   The trip times depend strongly upon 
spacecraft power and mass as expected. 
 
Once at Mars, the spacecraft would be placed in an 
areosynchronous orbit at an altitude of 17,000 km.  At 
this altitude above the equator, the period of rotation of 
the spacecraft matches that of the planet and it will 
remain above that point.  From this location it would be 
possible to beam power to areas at least ±10° above and 
below the equator with beam steering.  The ability to 
beam power to several locations simultaneously is a 
major advantage for exploration applications.  For 
example, an ISRU plant could be powered in one 
location, a camp in another and conceivably power 
could be transmitted even to a roving vehicle.  
 

SPACECRAFT DESIGN 
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Figure 2: Schematic of Stretched 
Lens Array 

 
The notional design of the spacecraft 
encompasses the following 
technologies expected to be 
available in the next 5 years: solar 
cells and concentrating solar cell 
modules, advanced concentrator 
arrays, electric propulsion and 
beamed power transmission.  Each 
of these will be discussed in detail. 
 
Solar Cell Technology 
 
Over the past 5 years, advances in III-V triple-junction 
solar cell technologies for space have seen the industry 
reach efficiencies in the 25-26% AM0 performance 
range.  For this study, the baseline was chosen to be a 
26% efficient cell operating at 80 °C with 78% of the 
power remaining (p/po) after a dose of 1 x 1015 
electrons/cm2.  In general, the cell designs are based on 
the use of germanium substrates, and layers of 
GaInAsN, GaAs, and GaInP or similar materials.  Key 
challenge is to develop layers that grow epitaxially on 
Ge and that have appropriate band gaps to capture the 
maximum amount of the solar spectrum.  Additionally, 
layer thickness must be carefully controlled to 
maximize both efficiency and radiation resistance.  
These activities are underway at all space solar cell 
manufacturers.  The 2003 projection indicates a 32% 
efficient, four-junction cell operating at 80 °C under 
concentration with a p/po of 83%.  This, of course, is a 
significant stretch in technology but several aggressive 
programs are underway aiming at such a target.  These 
cells would be operating at a solar concentration of 8.5x 
in the selected module design. 

Figure 3: Performance of SLA at AM0 

 
Solar Array Module Technology 
 

With success of the Deep Space 1 mission, the use of 
innovative concentrator solar array technology was 
space validated.  This array continues to operate 
successfully and has opened the trade space of space 
missions (commercial as well as public) to new, cost-
effective options.  The baseline for the POWOW 
spacecraft is the Stretched Lens Array (SLA) pioneered 
by Entech, Inc.  Significant improvements have been 
made in this module over the technologies used in the 
Deep Space 1 array.   
 
Figure 2 shows a sketch of the present SLA.  It consists 
of linear Fresnel lenses made from silicone rubber, a 
linear array of solar cells mounted on a thin composite 
radiator.  The silicone lenses are flexible and are 
deployed by spring action.  Their present thickness is 

about 180 µm but can be 
substantially reduced in the future.  
Confirmed lens efficiency is 92% 
and the concentration ratio is 8.5x.  
It will be possible to increase the 
concentration to 15x in the future.  
Sun pointing tolerance is 2° 
normal to the length of the SLA, 
and at 15x would reduce that 
tolerance to 1°.  Sun pointing 
tolerance along the length is better 
than 20°.  The graphite composite 
radiator is about 150 µm thick for 
the 8.5 cm lens aperture.  This 

value would be substantially reduced were the lens 
aperture to be reduced in half.  Radiator thickness is 
adjusted so as to maintain cell temperature at 80 °C 
under all levels of concentration. Design of the radiator 
is a key aspect of the success of the SLA design.  
 
Recently, a prototype SLA, fabricated by Entech, Inc. 
under another NASA Space Solar Power Exploratory 
Research and Technology Program achieved significant 
milestones.  The prototype module used space quality 
solar cells from two vendors with efficiencies as high as 
28%.  The design parameters of the module were as 
above.  The module was tested both at the NASA Glenn 
Research Center and at Able Engineering, Inc. with 
similar results.  Figure 3 shows the test results under a 
Large Area Pulsed Solar Simulator (LAPSS) at the 
NASA Glenn Research Center.  The lens/receiver 
efficiency measured 27.4% at room temperature.  
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Furthermore, most significantly, this module achieved a 
specific power of 378 W/kg and an areal power of 375 
W/m2 at room temperature.  These performance values 
have not been simultaneously achieved in any other 
module and met a goal established by NASA nearly 
two decades ago.  In addition, the silicone stretched 
lens material was exposed to 3 space UV suns 
equivalent irradiance in hard vacuum at the Marshall 
Space Flight Center. There was only very slight 
degradation in the material after nearly 7000 ESH 
exposure.  
 
Additional improvements can be made in this module 
that should increase the performance parameters noted 
above by at least twofold.  Thus it is possible that a 
long-term goal of achieving 1000 W/kg may not be 
unreasonable – an outstanding accomplishment for a 
module that is not based on thin film cells. 
 
Array Design 
 
Able Engineering, Inc. has taken the results from the 
Entech effort and created a modular array design based 
on the SLA technology.  Some of the ground rules for 
that design are to use a building block of a nominal 
EOL power of 8 kW.  This power level was selected to 
be suitable for the emerging GEO communications 
satellites with power levels from 15 to 30 kW. 
Similarly, the same array segment can meet LEO 
mission needs in the 3-4 kW range with no significant 
changes.   
 
Initial design of the wing uses the nominal 8 kW 
building block.  The baseline configuration uses 26% 
multijunction cells and a 78% radiation degradation 
factor in a module whose dimensions are 8 m by 4 m.  
Six of these units are combined with their deployment 
mechanisms resulting in a 48 kW “building block” 
shown in figure 4.  A range of deployment mechanisms 
is available for this application.  These extendable 
beams may be scissors mechanisms, coilable masts or 
inflatable beams etc.  The 48 kW elements package 

neatly into a 2m x 2m x 4m envelope.  In this packaged 
configuration, four of these elements can be packaged 
inside the 5.6m diameter fairing of the Proton Plus 
launch vehicle or the Space Shuttle shown in Figure 5.  
With the advanced cell and SLA technologies, the total 
power in such a launch will approach 250 kW. 
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Figure 4: 48 kW Building Block W
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Figure 5: Schematic of Array Stowage & 
Deployment 
n addition to these notional designs, the mass and 
ynamic response of the nominal 8 kW solar array 
uilding block has been determined using 2003 
echnology levels.  The ANSYS code was used for the 
inite element modeling.  Specific assumptions included 
n infinitely stiff root interface and the blanket tension 
as applied with initial strain.  Figure 6 shows the 
ynamic response obtained for the major in-plane 
odes.  When these single wing data are applied to the 

ull 898 kW spacecraft (449 kW wings) using the 
Figure 6: Array in-plane dynamic response  
lassical Dunkerly superposition mode analysis, the 
pproximate bending mode was estimated to be 0.08 
z.  These data suggest that some method of virtual 

tiffness enhancement such as active frequency control 
f the structural network may be necessary.  

ELECTRIC PROPULSION TECHNOLOGIES 

ith power levels up to 898 kW, the design of the 
ropulsion module/array is driven by plume 



considerations to a first degree and by the secondary 
issue of array pointing versus thrust vector. The 
configuration of the system also drives the thruster 
choices to higher power levels.   In this study, four 
suitable candidates were identified from a wide range of 
propulsion candidates determined by the Primex 
Aerospace Corp.  These options fell into two general 
categories – 25 kW class thrusters and very large 
thrusters with power levels above 200 kW per thruster.  
The selected choices are shown below and their 
characteristics are shown in Table 1: 

• 25 kW Xe Ion 
• 25 kW Xe Hall 
• 256 kW Li Applied Field MPD 
• 768 kW Li Self Field MPD 

 

Table 1: Electric 
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depend on the thruster performance values noted in 
above. The number of thrusters required for the mission 
(including spares) and specific mass of the thruster 
system was made using the data for the TM-50 thruster. 
The specific mass of the thruster system includes the 
thrusters (including spares), the power processing unit 
and its radiator, cabling and gimbals. The specific mass 
is taken at 10 kg/kW in determining trip times.  Future 
mass reductions, especially in Hall thruster design are 
not included in this study but have been projected to be 
around 50% in both mass and volume. 
 

898 kW SYSTEM – 2003 TECHNOLOGY 
 

Taking all of the design considerations noted above into 
account, figure 8 shows the configuration of the 898 
kW POWOW system that uses technology that should 
be available in 2003.  Each wing is built from eight 3x2 
“Aurora” modules identical in design to those shown in 
figure 4, but using the advanced cell technologies 
described above that boost the total power to just over 
56 kW EOL.  Thus each wing produces 449 kW and 
has dimensions of 53 m wide by 50 m in length.  Each 
wing has a mass of approximately 2488 kg.  The 
electric propulsion module is centrally located and has a 
45-degree plume clearance from the closest array 
element.  There are 48 Xe Hall thrusters arranged in a 
6x8 configuration.  Thirty of the Hall thrusters are 
active with the remaining sixteen standing in reserve.  
The propulsion module weighs about 10,700 kg 
exclusive of propellant.  
 

TRIP TIME CALCULATIONS 
 

The NASA Glenn Research Center has developed a 
simple program for performing quick estimates of trip 
times for electrically propelled spacecraft traveling to 
Mars called All SEP Mars1.01.  Input parameters are 
the power and specific mass of the power system, the 
specific mass, efficiency, and Isp of the propulsion 
system and an estimate of the initial mass in 
heliocentric orbit.  Output data include the mass 

 

 
Figure 7: Hall Effect 
Thruster with Anode Layer, 
TAL-55D 
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 Configuration 
Propulsion Thruster 
ptions 
hruster Isp (sec) Eff. (%) Thrust N Number 
e ion 6000 65.0 0.514 60 
e Hall 3242 62.1 0.976 30 
FMPD 5382 54.0 5.12 3 
FMPD 3405 43.6 19.45 1 

 picture of the TAL 55D Hall effect thruster is shown 
n figure 7.  Its larger companion, the Russian TM-50 is 
he thruster used for the values shown in Table 1. The 
enefit of a Hall thruster is that it can operate at a 
oltage of 300 - 800 V at the 25 kW level noted above.  
rip times and specific mass of the thruster system will 

delivered to Mars, the amount of propellant and 
tankage, the payload and trip time summaries for 
escape, heliocentric travel and Mars capture.   
 
For this study, the trip times were determined assuming 
that the spacecraft had been boosted to near escape 
velocity so travel through the radiation belts was 
unnecessary.  The results of the modeling using the Xe 
Hall thruster yield a payload of 4.0 MT, IMHELIO of 
44.4 MT and a trip time to Mars of 221 days with 
another 9 days required for capture.  The capture orbit 
in this case is a lower orbit than areosynchronous so the 
total time is conservative.  Total propellant mass is 24 
MT.  Clearly, numerous propulsion options are 
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Figure 9: Thruster Options for 4.0 MT Payload 

available, given the partial list of options noted in Table 
1.  Thus, figure 9 shows the All SEP Mars 1.0 
calculations for a constant payload of 4.0 MT.  This 
value was chosen arbitrarily to demonstrate the options 
available to the mission designer.  Two primary options 
surface from this simplified analysis.  Thrusters with 
high Isp yield large reductions IMHELIO but at the 
penalty of significantly increased trip times.  A lower 
Isp reduces trip times but at the penalty of a larger 
IMHELIO.  The trip times noted here are reasonable for 
payload transits to Mars and are similar to chemical 
propulsion results. 
 

POWER BEAMING 
 

Figure 10: Laser diode array 

Two power beaming options were considered: 
microwave and laser.  Because of on-orbit aperture 
limitations, the microwave option was dismissed due to 
the 17,000 km areosynchronous orbit.  Simple 
calculations of the apertures required on the surface and 
in space were much too large to be reasonable.  
Furthermore, very low excitation of the receiving 
antenna was produced such that simple use of solar 
energy would produce more surface power for that area.  
Of the laser options, 10.6 and 1.06 µm wavelengths 
were considered.  The surface conversion system for a 
10.6 µm laser was either a thermal engine or a 
thermophotovoltaic converter.  Sizes of concentrators 
on the surface and their aperture areas were determined.  
Using a 1 m laser aperture on orbit, the 10.6 µm case 

required a surface 
receiving aperture 
area of 360 m2.  
Although large, it 
is well within 
current technology 
limits.  Chain 
efficiencies were 
determined and 
surface power 
delivered was 
determined. While 

the 10.6 µm option was feasible, it was dismissed 
because of concern over exciting modes in the 7 mb 
Martian CO2 atmosphere.  
 
For the 1.06 µm laser option, the surface receiver 
aperture became only 36 m2, or a diameter of only 
6.8m.  An additional benefit of using a wavelength in 
the near IR is that a single junction, direct band gap 
solar cell would be an excellent, high efficiency 
converter.  With appropriate choice of materials and 
cell band gap, efficiencies of at least 50% are 
reasonable.  
 
Extensive research is being conducted into various laser 
options in this wavelength range.2 Figure 10 shows the 
192 bar laser diode array that yielded 23 kW of peak 
power at 0.900 µm wavelength with an efficiency of 
43% reported by the Lawrence Livermore National 
Laboratory3.  However, cooling requirements for this 
array are substantial and are not covered in this paper.  
If 700 kW of the POWOW spacecraft power is 
available for beaming to the Mars surface, then a beam 
of 300 kW could be sent to the surface using only 13 of 
the laser diode arrays.  With a nominal solar cell 
conversion efficiency of 50% on the surface, 150 kW 
would be available for surface operations.  This far 
exceeds the power available from the former SP-100 
space nuclear reactor program without requiring any 
nuclear material. 
 

COSTING METHODOLOGY 
 

In order to perform a costing analysis, several baseline 
assumptions were made about the program that would 
lead to such a spacecraft.  Thus to produce the 898 kW 
spacecraft, there would be two solar arrays, 16 3x2 
“Aurora” power modules as shown in Figure 4, and 
thus a total of 96 of the Aurora units (nominal 8 kW, 
but actually 9.36 kW for the 2003 technology level).  
Furthermore, it was assumed that proper manufacturing 
planning steps occurred in the non-recurring phase of 
the program and that qualification arrays have been 
successfully produced. 
 
The delivery was assumed to be 1 year from start of 
production and the production was phased in three 
distinct phases: Low Rate Initial Production (LRIP), 
Initial Production (IP), and Production (P).  A baseline 
factory was outlined and concurrent manufacturing and 
design engineering was used.  The latter included such 
elements as manufacturing design and value 
engineering, thorough production planning, customer 
coordination and scheduling, and procurement 
economies to set the stage for cost estimation. 
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With the realistic phasing breakdown of the program 
described above, it is possible to assess the greater 
production efficiencies for each phase using a 
logarithmic learning curve: 
 

COSTproduction = TFU x Nunits
[1-ln(1/LC)/ln2]

Where TFU is the theoretical first unit cost, Nunits is the 
production quantity and LC is the learning curve (95% 
for the LRIP and lower for each successive phase).  It 
should be noted that this approach is approximate and 
does not capture “learning” effects versus the step-wise 
addition of more efficient tooling or other one-time 
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to beam power to the surface of Mars was the preferred 
option.  Laser wavelengths of 10.6 µm were eliminated 
from consideration due to concerns over adverse effects 
to the Martian CO2 atmosphere.  Calculations for a 1 m 
laser aperture on orbit and a laser operating a 1.06 µm 
leads to a receiving aperture of only 6.8 m diameter.    
A 900 nm wavelength laser operating at 43% efficiency 
was chosen for design purposes.   Assuming that only 
700 kW of the 898 kW spacecraft power were available 
for power beaming, and that the efficiency of 
converting the laser beam to electricity was 50%, then 
150 kW could be delivered to the Mars surface.  Use of 
a modified learning curve methodology showed that 
with proper phasing of the program, costs would be 
reduced to less than $200/W, even at a total production 
of only 96 units. 
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Figure 11: Production economies with phasing 
vents.  The results of this modeling are shown in 
igure 11 and the step-wise approach compared to a 

raditional learning curve model.  The results clearly 
how that the phased approach matches the traditional 
earning curve methodology when the program enters 
he production phase.  Note that costs under $200/W are 
chieved at these levels. 

SUMMARY 
 

 preliminary design of an 898 kW solar electric 
ropulsion spacecraft for transit to Mars was presented.  
esign features were based on solar cell, module and 

rray technologies expected to be available in the year 
003.  Present values of electric propulsion thruster 
erformance were used.  Laser beamed power options 
sed current technology.  Trip times to Mars were 
btained from the program All SEP Mars 1.0 obtained 
rom the NASA Glenn Research Center.  These 
lements combined to yield the following observations. 
rip times to Mars and the IMHELIO mass were 
ependent upon the Isp of the thrusters used.  The Xe 
on and applied field MPD thrusters gave trip times of 
bout 279 days with small IMHELIO masses of 29 MT.  
he Xe Hall thruster system provided the lowest trip 

imes of 230 days at the expense of a 44 MT IMHELIO.  
he self-field MPD thruster fell in between with a trip 

ime of 271 days but IMHELIO of 39 MT.  Using lasers 
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